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An investigation w a s  made of the  pressures et transonic  speeds 
over a 45O sweptback wing-fuselege model. A wing of aspec t   ra t io  4, , 
t ape r   r a t io  0.6, having NACA 65~006   a i r fo i l   s ec t ions  was tes ted   in  corn- 
b i m t i o n  w2th a b lunt - ta i l  body of revolution of ficegess r a t i o  10. 
The wing had two longitudinal  locations:  t'ce wing-normal location, 

60-percent  fuselage  station,  and  wing-aft  locatio-?, .=t the  82-percent 
station.  Tests were made at angles of' a t t ack  f r o m  -2' t o  26O within 

- having  the  quarter  chord of the wing mean  aero-ic chord at the 

c a Mzch number range of  0.60 t o  1.03. c 

Analysis or" the test resu l t s   ind ica ted   tha t   d i fzerences   in   the  
strength md location of the downstream shocks, resu l t ing  from wing- 
posit ion change,  produced  changes i n  spanwise d i s t r ibc t ion  of forces,  
moments, and loading upon the wing. The wing-aft conf lguration had 
t'ne lower section normal force end wing loading and the more posi t ive 
sec:ion pitching moment, especial ly  -near the wing t i p .  These d i f f e r -  
ences  increased  with  speed t o  e. maxlh.nm at a Mach amber  of 0 3 8  and 
then  decreased es streaa ve loc i t i e s  became sugersmic.  

Below a Mach  number of 0.98, wing pressure  drag a t  zero l i f t  was 
the   l esser  and fuselage  gressure  drag  the  greater f o r  t'ne wirg-aft 
CcnXigoratioD so that  nearly  eqoel  pressure  drag  resulted  for  the two 
configurations. When t ' le difference i n  wing pressure  drag  decreased 
at supersonic  speeds,  the  wing-eft model developed somewhat greater  
pres sure drag. 

- 
Sweepback of  wings was introduced t o  help a l l e v i a t e   t h e   a i r f o i l  

drag problem  produce6 by the  zpproach of f l i g h t  speeds t o  sonfc  velocity. - 



'nlir-g sweepback, however, introduced  drag,  stabfiity, and loading Droblems 
peculiar cc the swept-wing configuratiog. It had been fomd  in   ea r ly  
investigetiors  ic.-cne  traxsonic speed r a g e   ( r e f s .  1 and 2 )  t ha t  rear- 
war& locatior. or" the  swept wing m e fcselage  apparently  held promise 
f o r  tine redilcticn of dreg 01' 2. wing-fuselage  combination.  Since  only 
the   e f f ec t  upon zero l i f t  tirag was  investigated ir: these  preliminary 
tests, Tt was decided 'to Lgvestigate  further  the  effect  of wing posit ion 
in   t he   hag ley   ~6 - foo t   t r anson tc  t i e l  over 2. range of l i f t  coeff ic ient  
usicg  both  force  md  gressure measurements. 

Tine force messwements i n  the  s lot ted- tbzoat   ~6-foot   t ransonic  
zurnel on 2. 45' sweptback wing m d  fuseiage ccmbinatior. ir. the  trensonic- 
flow regime were reported i n  reference 3. These results  indicated  adverse 
changes i n  t i e  &rag md i n   t h e  lift character is t ics   with rearward  loca- 
t i on  of the wings. 

" 

It 5s the  pwgose of this   report   to   present  &I! m a l y s i s  of  the  pres- 
sure  meassrenents a d  to   present  a s t ~ d y  of the  flow  differences over 
t'ne same two  niodel conligurations  reported  in  reference 3. m e   e f f e c t  
ox wing loading of wirg posit ion i s  discussed end aa explanetion  of  the 
caxes  o f  the  force  varFations  reported i n  reference 3 i s  presented. 

SYmOLS 

b wing s p m  

C wing-section  chord, p z r a l l e l  t o  p l m e  of symetry 

C&V average wing chord, S/k 

- 
C mean aerodynmic chord, gJb/2 c2dy 

Cm wirg-sectZ.on pLtching-moment coefficLent 

Cn wLng-section normal-force coeff ic ient  

CD pressure  drag  coefficient 

E D  increniental  pressure  drag  coefficient, wing eft minus wing 
normal 

. .. 

Cm pitching-moment coeff ic ient  
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P 

Pcr 

9 

R 

S 

V 

. 

normal-force  coefficient 

leading-edge  redius 

Mach  number 

free-stream  static  pressure 

l o c d   s t a c i c   p r e s s u r e  

Pz - P 
pressure coef'f i c i en t  , 

q 

c r i t i c a l  Gressure  coefficient 

free-stream  dynanic  pressure, - PV2 
2 

Reynolds number, p-lE/!~ 

t o t e l  wing are& 

free-stream  velocity 
- 

r fuselage r z d i d  dimension 

X longitudinal  distance,  gosftive  rearward 

Y la te ra l   d i s tance ,   pos i t ive   to   r igh t  

U model angle of a t tack 

cr viscosi ty   coeff ic ient  o$ air i n   f r e e  stream 

P density of a i r  i n  free stream 

APPARATUS AND TESTS 

Appmetus 

The investigation  reported  herein was conducted in   t he  Langley 
16-foot  transonic  tunnel which permitted  testing from a Mach num'oer 

For details of the  test   sectioll   conziguration a d  of the  cal ibrat ion,  
including  1ollgftudin.d Mzch  number uniformity, see reference 4. 

- of 0.60 colltinumsly through the  speed range t o  a Mach number of 1.03. 

- - 
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A s  reporxed ir, reference 3, the  basic model f o r  this investigetion 
has z k5O sweptback s t e e l  wing of 0.6 taFer   ra t io  and aspect r a t i o  4 i n  
conbicetion  with a bl-mt- ta i l  body of revolution of fineness-ratic 10 
( f i g .  1). me investigation of forces (ref.  3)  ar,d of pressure  charac- 
terist ics reported  herein were conducted  simultaneously. Tne e i r f o i l  
sections  used i n   t h e  wing are SACA 65~006  in  a direct ion  peral le l  50 
t he   p lme  of symmetry. For the  basic model configuration,  referred  to 
as wing-normal conflgclration,  the  quarter-chord  point of the wing nean 
aercCiyxamic c3orc2 i s  located at the longi5ud-i-nal posit ion of the  fuse- 
lzge maximurn diameter,  the  60-percent P-zselage station.  For  the modi- 
f fed  cordigurat ion,   referre6  to  as wing-aft  configuration,  the  quarter- 
chord point i s  loceted at t'ne 82-percent  fuselage  station. The change 
to  the  whg-aft   configuration was accomplished by novilg  the body for- 
w a r d  on the  st ing,   the wing remaining  stationary. I n  an attemgt t o  b ~ v e  
duplicate  physical  cozditions a t  the bese f o r   t h e  two configurations, a 
cogical  sleeve was at tached  to   the s t i n g  for  the  wing-aft  configuration. 

Pressures were measured at seven  spmwise  stations 01: the wing, 
each  kaving 115 or i f ices ,  and at four   s ta t ions oc tke  fuselage,  each 
3aving 25 orLfices. DetaSls of the  or i f ice   locet ions  are  shorn t o  ti?e 
r igh t  CZ f igire 1. A l l  orifice  pressures were measured by mercury 
masometers; the wtng or i f ice   presscres  were applied also t o  two groups 
of electronic  integrators,  one providing  section ncrrnal force and one 
providing  seczion  pitching moment at each  statioz.  Pnotographs of the 
manometers a d  printed  records of the  integrated  values were obtained 
s imltaceously.  

Test Procedure 

me range  of  angle of a t tack  tes ted was -2O t o  26' within  the test  
program Mach nmber  range of 0.60 t o  1.03. Load limits of the  s t ing 
qparstus  preveated  testirg  over  the  entire  mgle-of-Etttack  range at a l l  
tes t  Mach mmbers. A 10' coapling, as shown in   f i ga re  2, w&s used at 
the  higher angles of a t teck tested. 

In   order   to  minimize the movement of  the model from stream center 
with angle-of-attack  chmge, the axis of ro ta t ion  of the model was 
iocated E t  the  longitudinal  stztion  corresponding  to  the  qxarter-chord 
poln+u of the nean  aerodynamic chord.  Figure 2 i l h s t r a t e s  the model 
mounting in  the  16-foot  slotted-throat  tunnel showing the  mgle-of-attack 
mechanism, the model position fo r   s t r a ig5 t  and 10° coupling, and the 
relat ive  posi t ion of the axis of rots t ion.  The model aagle of a t tack  
was set Curing the tests to axlaw f o r  the tieflection of the sting under 
load.  For details of  +,his  procedure, see refereace 3. 

The Reyrolds number obtained  over  the ~Yec'n number range  tested i s  
shown ia f igure 3 .  
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Corrections 

5 

The slotted-wdl. test sect ion  tends  to   nul l i fy   the  interference 
e f f ec t s  u2on which are based  the  usual  wind-tunnel w a l l  correct ions  for  
subsonic  conpressible  flow (ref. 5 ) .  It also  a l leviates   the  tunnel-  
w a l l  blockage  interference and  choking e f f e c t s  and permits  testing a t  
trensonic Mach numbers. Below a Mach nmber of 1.02 ( the   p resent   t es t  
m a x i m - m  i s  1.03) jet-boundmy-reflected compression waves heve no signi- 
f ican t   in te r fe rence   e f fec ts  on the  surface  pressures  of  no-dift ing 
models (ref. 6 ) .  For l i f t i a g  models, the  interference  effects  have not 
yet been experimentally  evaluated  but  preliminmy  analy-lical  studies 
have indicated l i t t l e  effect.  Therefore, no jet-boundary  corrections 
h&ve been applied  to  the  data  preserted  herein.  

Because of the change in   longi tudinal   nosi t ion of the wing i n   t h i s  
investigation, e diTierence  exists  in  the  proximity of the wing to   t he  
s t i ng   fo r   t he  two configdrations. A poss ib i l i t y   t he re fo re   ex i s t s   fo r  E. 
difference  in   s t ing  interference.   This   difference w a s  not  evaluated 
but i s  believed  to have small e f fec t .  

RESULTS 
I 

The n o m l - f o r c e  and  pitching-moment charac te r i s t ics  of the wing 
a. in  the  sresence of t'ae ?uselage,  obtained by spanwise integrat ion of 

section  6ata  given by the  electronic-pressure  integrators,  are shown 
in   f i gu res  k and 5 .  Tne var ia t ion   u i th  Mach number  of the  longitudinal 
center of pressure and of   the  le teral   center   of   pressure  for   the wing 
pmel s  i s  sho-m i n  figure 6. 

In order   to  assist i n  understanding  the  flow phenomer?a, a sketch 
is  presented  (fig. 7) showing the   p r inc ipa l   d i s turbances   d fec t iag  the 
flow as represented by chordvise  nressure  contours i n  isometric view. 
Presented i n  f igures  8 and 9 are Yle chordwise d i s t r ibu t io r s  of the 
pressure  coelficients measured at the -fuselage ver t ical   p lane of symmetry 
and at the  seven wing s ta t ions .   S ime  the   p r inc ipa l  changes  apparent i n  
tne  pressures  over  the two codigurations  occurred on the upper  surface, 
some of the  lower-surface wing pressures have  been omitted from the 
isometric views in Line i n t e r e s t  of c l a r i t y .  It should be noted  that   the 
szme identiZyfng  lines  are  used T o r  both  the  upper uld lower surfaces 
of the  nodel;  the  solid  liEes  represent  data  obtained  for  the wins- 
no" configuration a d  the broken lines f o r   t h e  wing-aft  configuration. 
Only those  fuselage  pressures at the  plane of symmetry which are in   t he  
region of irdluence of the wing are  shown, and the  fuselage  base  position 
is  noted -Lo orient   the  wing Kith  respect   to   the  fuselage  for   the two 
configurations. In  order  to  simplify  the  discussion,  the  figures  giving - 



chordwise  pressure  disfripution are limited to   angles  of a t tack of Oo, 
ko,  Bo, a d  12' at Mach numbers of 0.60, 0.90, 0.94, 0.98, 1.00, and 
1.02, m d   t o  1 6 O ;  20°, and 24' a t  0.60 Mach number. 

These  chordwise-preBsure distributions  provide  the basis f o r  an 
malysis of the  difference  in   forces  and moments experienced by each 
of the two conf igura t iob .  me location and extent of  these  differ-  
ences  are s3own ir. tne spw-wise dis t r ibut ions of %he section normal- 
force and the  sectim- pitchlng-moment coef f ic ien ts   ( f igs .  10 and 11). 
The presenta5ion  of  section  characteristics i s  l imited t o  a representa- 
t i v e   g r o q  measured a t  the same Mach numbers as presented  for  the chord- 
wise pressure  coeffFcients.  Figure 12 presents an malysis of  the  dif-  
ference in the  pressure  drag of  the two configurations. 

DISCUSS103 

Integrated  Pressure  Characteristics 

Differences  in  the  integrated  pressure  characterist ics between the 
wing-nom.& a 6  wing-aft  configurations  (figs. 4 and 5 )  ere  similar t o  
the  differences  in   the  force  character is t ics  of the two complete model 
configurations-reported Fs reference 3. A t  low ssgles  of attack,  the 
slopes of the normal-force  curves ( f ig .  4) are somewhat less fo r   t he  
wing-aft  co3figmations at a i l  Mach nilmbers tes ted.  Also, i n  the  high- 
lift range and above a Mach  number of  0.70, there  is a l o s s  i3 normal- 
force  coeff ic ient   for   the  wing-af t   Fosi t ion,   th is  loss increasing  with 
:4.zci? nuxher xp ta 0.98. Kaove a Mach  number of 0 .GO, the  wing-aft 
pitching-moment curves (fig. 5 )  h v e   s l i g h t l y  more posit ive  slope i n  
tbe iow-lift  range. Also the wing pitch-up  ctSracterist ics at normal- 
force  coefricients  of 0.55 'to 0.50 t end   to  be more severe  for   the wing- 
aft Fosition. 

A t  low l i f t ,  there i s  a trend f o r  the  longitudinal  center of  pres- 
sure on the  wing panel   ( f ig .   6(a))  t o  - i  more forward fo r   t he  wing-aft 
configuration. For the  higher Mach numbers tes ted,  a trend toward  igboard 
moven;er?t also is noted, as seen from the  curves of lateral center of pres- 
sure   ( f ig .  6(b) ). A t  rear s o n k  speeds,  the  center of pressure  for  wing- 
aft co,u'iguation  tends t o  'Se inboard and forward of the  center of 
pressure f o r  the w:ng-normal conffguration.  This smalj. inboerd center- 
of -pre s sxe  movement and the lower normal-f orce  -curve  slope f o r  the * . .  
wing-aft  caxEgcrration  indicates a small reduction i n  tine wing bending 
moment witn  rearvzrd  positionisg  of the wing. 
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Chordwise Pressure  Distribution 

Al though the changes in   the   over -a l l   charac te r i s t ics  of the wlng 
effected by  change i n  wing pos i t ion   a re  small, there  Ere d i s t i n c t  
chmges in Yne flow and i n  the spanwise and chordwise d is t r ibu t ion  of 
forces.which  are  revealed by the  chordwise-pressure  distributions 
( f igs .  8 and 9 ) .  Some of t i e  more prominent  flow  cha-ges are discussed 
in  the  following  naragrephs, and the   e f fec t  of these changes upon t'ae 
spanwise dis t r ibusion of  normal force and pitching moment are described 
afterwards. The emlanat ion  09 these  flow  changes  requires an under- 
standing of several  of the  dis turbmces which affect   the  f low  over  the -&rig. One disturbance, which appears frrst at the  juncture of the  fuse- 
lage  md  the wlng t r a i l i n g  edge  and  which extends  outboard  with  increase 
in  airspeed, is  a r e s u l t  of the f low deceleration at the rear of the 

,wing at supercritical  speeds.  This  disturbance is  herein  referred t o  
as the  trailing-edge shock.  (See f i g .  7.) A second disturbance i s  the 
shock  associated  with  the  deceleratioll of the  supersonic  f low  field 
over  the  complete model; t h i s  shock i s  termed the  decelerating-flow 
shock. Also.indicated i n  f igure 7 i s  a third  disturbance, -ternad the 
leading-edge  shock, which 5 s  associated  with the deceleration of the 
supersonic  eqansion  f ield  ( low-pressure peak  regiop) at the  leading edge. 
Another distwbance  apszrent  in  the  chordwise  pressure  distributions is  

noted  herein as t h e   t i p  shock.  For schl iereo and t u f t  photographs 8s 
w e l l  as a discussiorr of the  flow  over a node1  geometrically similar t o  

- t h e  shock  caused  by t h e  f lov discontinuity et the  wing-tip  leading edge, 

- the  wing-normal configuration,  see  reference 7. 

0' angle of a t tack.-  The wing, when i n  the rearvard  posit ion,  i s  
seen  to  be locate6 rearer a more pos i t ive   p ressure   f ie ld  of subsonic 
flow deceleration st the rear of  the  fuselage  thvl when i n  the norms1 
sos i t i on   ( f ig .  8 ( s ) ) .  %%en the  flow  over  the  entire model i s  subcr i t ica l ,  
as at e. Mach  number of 0.60, t he   e f f ec t  on the  wing pressure  dis t r ibut ion 
is  negligible.  A t  a Mach number of 0.90, small influence of the  posi t ive 
Fressure  f ie ld  on the wix?-@; pressures is noted. A t  a Xach number of 0.94, 
however,  %he pressure  coatours  indicate  %hat  the more posit ive  pressure 
field  causes  the  trail ing-edge shock,  which has  developed  (supercritical 
flow  extending  over most of the  wing),   to  occur  farther forwerd for   the  
wing-aft  con-eiguretiorr. Tiis location  of  the  trailing-edge shock r e s u l t s  
i n  more positive  pressures  over  the rear of the  inboard wing s ta t ions  
and over  the  entire chord  from 70-perce~t  semispan  outboard f o r   t h e  w5ng- 
aft conffgurEtion. The posi t ive  pressure  f ie ld  d s o  causes a more fo r -  

on.  the wing of the  wing-aft  collriguration. 
s werd locet ion of t h e   t i p  shock  (which is  noted a t  a Mach number of 0.94) 

A t  0.98 Mach number, the  decelerating-flow  shock hzs developed 
domstreem of  the  trail ing-edge shock as indicated by the fuselege  pres- 
s u r e s   i n  figure 8(a). Moreover, the  pressures   indlcate   that   th is  
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decelerating-flow shock hzs  developed f a r the r  forward,  relative  to  the 
w i n g ,  fcr the  wing-aft  configuration. Because of the more forward 
location,  tne  decelerating-flow shock combines with  the  trailing-edge 
shock st 40-prcent semispan fo r   t he  wing-aft  configuration as compared 
t o  95 percent f o r  wing-normal cocfiguration. It should be noted  also 
tha t   the  combined shock of  the  wing-aft  configuration i s  the  stronger 
shock as evidenced by the  greater  pressure rise ( f i g .  8 ( a ) ) .  This con- 
d i t ion   resu l t s  i n  more positive  pressures  being produced  over the   rear  
of a l l  oatboard w i n g  s ta t ions  of the  wing-aft  configuration. A t  t h i s  
speed, Mech number of 0.98, the t i p -  shock  merges with  the main disturbance 
which sweeps out   to  the wing t i p ,   m d  any ef fec t  of wing posit ion upon 
t h e   t i p   s h c k  i s  masked. 

With fGrt5er increases i n  Xach  number, the  decelerating-flow shock 
moves reerward m d  the  trailing-edge shock becomes  more incl ined  to   the 
stream. A s  seen i n  f i g n e  8(a),  t h i s  ceuses  the  Foint of intersection 
of the two shocks t o  move off  the wing for the wing-normal configuration 
end t o  move Farther  outbosrd ar.d rearward  along the wing f o r  wing-aft. 
conZiguration. T h ~ s ,  as the wing area affected by the  Eerger of the 
decelerating-flow shock with tke trailing-edge shock becomes smaller 
f o r   t h e  wing-aft  configuration w i t h  increase  in  Mach number, the d i f fe r -  
ences  beween the presssrre  distributions  for  the t vo  wing confTgurations 
decrease. 

Also  noted  from f igxre 8(a) whenever supercrit ical   f low  exists,  
the  trend is  toward s l igh t ly  lower  pressures  over  the  inboard wing 
sect iors  for  the wing-aft  configuration. Tnese lower pressures are 
induced by the  accelerating  supersonic  flow  over  the  contracting  sec- 
t i on  of the  fuselage  after3ody. 

bo arlgle of attack.- The pressure  distributions f o r  4' angle of 
attack,  presented i n  figire 8(b), show flow  disturbance effects similar 
t o  t h s e  described a t  Oo. Again the amount of wing area affected by 
the  decelerating-flow shock i n  combination  with  the  trailing-edge shock 
i s  responsible f o r  the  -principal  dtfferences  in wing pressures of  the 
two configurations. Althaugh a leading-edge shock develops, t h i s   d i s -  
turbance is  not  zffected by wing position  but  appears  to be mainly a 
function of  angle of attack. Tke greatest   effect  of wir;g posit ion i s  
again  observed at a Mach cumber of 0.98. With further  increases i n  
speed, the  differences i n  pressures developed  over the two configura- 
t ions  tecd t o  diminish. 

8O m d  12O angles  of  attack.- A t  argLes of a t tack of 8O end 12O 
( f ig s .   8 (c )  a d  8 ( d ) )  thick bouxdery-layer  and  flow-separetion  regions 
develoF.  Nevertheless,  the  cmbination- of the  decelerating-flow shock 
with  the  trailing-edge shock i s  s t i l l  resgor-sible fc r   the   p r inc ipa l  
changes in  pressures between the wing-no& configclration and the wing- 
aft conf'igJration. A t  wing sfzt ions where separzted  flow exists, the 
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. more positive  pressures Tor the  wing-dt  configuration  occur r_ot so le ly  
at the  rear  of the  a i r foi l   but   over   the  ent i re   chord.  Such  a difference 
in   pressure  dis t r ibut ion between the two configurations  results from the 
difference  in   the  s t rength of combined shock  which i c t e r a c t s   w i t h   t i e  
thick  (subsonic) boundery layer  transmittir!!  pressures uDstream of the 
shock posit ion.  As for  the  lower  angles of a t tack,   the   greatest   pres-  
sure  differences et  80 and 12O occur at a Mech  number of 0.98 end tend 
t o  diniinish when the speed i s  increased. 

- 

Higher angles of a t tack.-  A s  the  ?low separation  extends  inbopd 
with  increase in  mgle  of attack,  there- i s  o n l y  a smzll e f f ec t  of  wing . 
posi t ion on the wing pressures at a Mach number of 0.60 as  r-oted i n  
f igure 9. The small difference  in  wing pressures betwee? the two con- 
f igma t ions  st 16O, 20°, and 2 4 O  angle or" a t tzck  i s  t i e  same as thz t  
observed  subcritical  speeds  for  the  lower  angles oE at tack.  

Section  Noml-Force  Characterist ics 

Althaugh  the  shape of the  section  nornal-force  distribution  curves 
( f ig .  10) is s i m i l a r  f o r   t h e  two corf-igurations at a given  sseed and 
mgle  oj: attack,  there  are  evident changes in   mp- i tude .  GeEerelly, the 

configuration  than  for  the wing-normal configuratioe. It should  be Eoted 
that   the   errat ic   behavior  of the  curves at 100 angle of  Zttsck i s  the 
r e su l t  of intermittent  seperatior,   in  the  f low. Ai; supercr i t ica l  speeds, 
Mach  number of 0.gk end above, there i s  a marked reduction  in  section 
~?ormd force  over  the  outboard wing sections w i t h  reaxxwzrd Location of 
the wing.  These reductions  in  section  normal-force  coefficient  are  the 
r e s u l t  of the more posi t ive  presswes on the  upper wing surface produced 
by the  stronger combir-ed decelereting-flow m d  trail ing-edge shock  over 
the  wing-aft  configcratron  (lig. 8). 

- sec t ion   nom-fo rce   coe f f i c i en t s  are s l i g h t l y  lover fo r   t he   w inge f t  

- 

Since  che wing loading o f  a given wing i s  a function or" the  section 
normal-force-coefficient  distribution,  the  lower  section n o m e l  force 
also  indicates   lover  wing loeding  for   the  wingeft   conTigrat ion.  in 
addition,  the  reduced loedi_rlg  over the  outboard wing s ta t ions  of  t'ne 
wing-att  co-rCigmation et supe rc r i t i ca l  speeds  indicstes a slight  inboard 
rnovement of l a t e ra l   cen te r  of pressure end a s l i g h t  reductLon Ir? bending 
momelli at the  wing-fuselage  jugcture. The magnitude of  the  center-of- 
pressure movelnent f o r  a f e w  m g l e s  of a t tack  hss beeE shown in f igure 6(b).  

As seen  in   f igure 10, the di f fe rences   in   sec t ioa  normal force (and 

- 

wing loading)  generally  increase  with  angle of attack,  increase  with 
speed  to a rnax~imum at a Mach  number of 0.98, end then diminish as the 
speeds become supersonic. 
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Section Pitching-Moment Chasacterist lcs 

NACA RM L52K05a 

The general shape  of the  section pitching-moment d is t r ibu t ion  
curves at a given =&&le of a t tack  and Mach number i s  cot  affected by 
the change i n  wing location  (fFg. 11). However, a region of more posi- 
t ive   pi tching moment f o r   t h e  wing-aft  configuration at   the  inboard wing 
s ta t ions,   evldect  at a Kach  number of 0.60,  expands toward t h e   t i p  w i t h  
increase  in  Mach nunber t o  0.98. 'The came of t h i s  phenomenon i s  the 
increase w i t h  speed in   t he  spanwise and chordwise extent and in   the 
magnitude  of the more posit ive  pressures developed for  wing-aft  location, 
which has been  observed in   f igure  8. For  the low mgles  of attack,  the 
more positive  pressures  over  the  upper  surface  at  the  rear of the wing 
i n  the  rearward  location  prodgces tne more Fosit ive  section  pitching- 
moment coeff ic ients .  Another r e s u i t  of these more positive  pressures 
i s  a small  forward movement of longitudinal  center of pressure  with 
rearward wing location;  the magnitude' of this  center-of-pressure move- 
ment f o r  several.  angles of attack  has been shown i n  figure 6(a). For 
the wing sections  with  separated f'lov, having the more posit ive  pres- 
sures  over  the  entire chord, the  area  affected  to   the  rear  of the 
quarter-chord  point has the  greater  moment so tha t  nore  posttive  sec- 
t ion  pi tching moment for  the  wing-aft  location i s  produced. The d i f -  
ference i n  section pitching-moment coeff ic ient  between the t w o  configura- 
tions  decreases w i t h  increase i n  speed above a Mach Ember of 0.98 as - 
the  difference  in  pressure  coefficient  decreases  (fig. 8). 

J. 

Pressure Drag Coefficient 

A comparlson  of the  incremental  pressure  drag  coefficient of the 
components of  the two wing-fuselage  configurations a t  0' angle of a t tack 
is  shown i n  figure 12. The r e s u l t s  are obtained by subtracting  the 
pressllre  drag  coefficient of the wing-normal component from the  pressure 
drag  coefficient of the  wing-aft component. 

The lower  curve  of f igure 12 shows that  the  pressure  drag i s  l e s s  
for   the  wing of the  wing-aft  configuration. This r e s u l t s  from the   for-  
w a r d  locetion o?' the  combined decelerating-flow iad trail ing-edge shock 
proeucing a greater   area of more posit ive  pressure at the   rear  of  t he  
wing f o r  the wing-eft  configuration. A t  a Mach number of 0.98, t h i s  
pressure-drag  difference  approaches a maximum  ani! then  diminishes  with 
increasing Mach Ember as the  decelerating-flow shock naves r e w a r d  
o f f  t h e  wing (fig.. 8(a.) 1. 

The upper  carve of f igure 12 snows that  the  pressure  drag i s  greater  
for  the  fuselage of the  wing-aft  configuration.  This  difference  results 
from the  decreased  pressures  over  the  fuselage  induced by the  presence 
of the wing a t   t he   r ea r  of the body (fig. 8(a)) where the  projected area. 
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. 
affected i s  greater  for  the  wing-aft  configuration;  the wing-normal 
configuration  has  the  re&uced  pressure  region near the  body m a x i m u m  

pressure  drag  with Mach number in  the  transonic  range tested. 
- thickness. Tnere i s  o n l y  a small ver ia t ion  of the  fuselege  incremental- 

The middle  curve of f igure 12 shows the   e f f ec t  of' combinillg the 
wing and fuselage  pressure  drag  results  yielding  substmtially no dif-  
ference in  pressure  drag  betweei t'ne two corSigurations up t o  e. Mach 
number of 0.98. When the  differences  in wfng pressure  drag of the two 
cor?figurations  begin t o  diminish a t  oear sonic  speeds,  the  wing-aft con- 
Figuration shows the  higher  pressure  drag 'bec.=use of the  adverse  effect  
of the wing on the  fuselage  pressures. 

CONCLUDING RFsnlARKS 

Analysis of t he   r e su l t s  of  an  investigation of the  pressures at 
transonic  speeds  over EL 45' sweptback wing-fuselage model, :having  two 
longitudinal  locations of the wing indicates  the  following: 

Dist inct  changes  occur i n  the  flow t o  proCiuce chenges i n   t h e  span- 
wise d is t r ibu t ion  of forces,  moEents, and loading on the  wing.  These 
flow  chmges are apparent  in  the  strength a d  i n   spnwise   md  chordwise 

- . location  on  the wing of  the  decelerating-flow shock in conbination  with 
the  trail ing-edge shock. For the  rearwara wing position  (wing-aft 
posi t ion)  compared t o  t h e   n o m 1   w h g   p o s i t i o n ,  more posit ive  pressures 
are produced over the  rear of t he  wing upper  surface at low angles of 
e t teck  and over  the  enthre chord when separation cccurs. This  pres- 
sure   d i f fe rence   resu l t s   in  lower section normal force and wing loading 
and i n  more posi t ive  sect ion  pi tchfng moment, especially  near the tip, 
fo r   t he  wing-aft  codiguration. These differences  increase  with speed 
t o  a maximum at  e Mach nmber of 0.98 and then  decrease.as sZream 
ve loc i t ies  becoEe sugersonic. 

A t  zero l i f t ,  the  pressure drzg of t he  wing i s  lower f o r   t h e  w i I l g  
i n   t h e  r e a w a r d  position  because of t he  E r e  posit ive  pressures at the  
reEr of t he  wing. The d i f fe rence   in  wing pressure  drag  betveen  the two 
configura,tions  apgroaches a m e x i m m  a t  a Mach rider of 0.98 end then 
decreeses &s the  decelerating-flow  shock moves o f f   t he  wing of bot'? 
conTigurations  with  increase  of  stream  veloc2ty to supersonic. At a l l  
speeds  tested,  the  presence of the  wing produces  an  increased  pressure 
drag  for  the  fuselage  0f.th.e  wing-aft  coofiguration. The d i f fe rence   in  
presswe  drag  for   the wing is ap2roximately of the  sane  mgnitude  but 
of opposite  sign as the   difference f o r  the  ifuselage  (between  the two 
configurations) below a Mach number of 0.98. Negligible  pressure- 
drag  difference between the  two wing-fuselege  col;binations below a "ach 



nunber of 0.98 resxlts. A t  supersonic  speeds, when the  difference i n  
wing pressure  drag between the two conEgurations  decreases,  the wing- 
&t combination  develops soEewhat higher  pressure  drag. - 

Langley  Aero-rlmtical i a h r a t o r y ,  
NatioAnal  Advisory Committee f o r  Aeronautics, 

Lu-gley  Field, Va. 
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Figure 1.- Diagram of the wing-fuselage model,  showing the dimensional. 
details  of' the two configurations and the location o:r %he pressure 
orifices A l l  linear dimensions are i n  inches. 
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